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SUMMARY

The mechaniem o7 the interaction of compression shnck
with boundary layer is lmwvestigated. It is shown that the
apparently shocizless pressure dlstributions observed experl-
mentally at supercritical lach numbers can te accounted for
by a nmarked thickening »f The boundary layer for some dlstance
ahead of the shock wave, Pressure distributiosns with abrupt
pressure recovery from large local supersonlc lMach numbers to
a local Hach number of about unity can be accounted for by a
thickening of the boundary layer over a shorfer chordwise
extent,

4t the test Reynolds number of about 1,500,000, the
presence of an aerodynamically clean or dirty surface does not

materially influence the drag at high supercritical speeds.
TWTRODUCTION

During calibration of the Ames 1-— by 3i~foot high-speed
wind tunnel, a study of wall interference by the image method

was undertalken to debtermine the validity of theoretical
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interference factors., It was found in the.course of the tests
that pressure-distribution measurements at aupercritical air
speede could not always be repeated. Thls phenomenon was -
particularly evident at certaln angles of attack,
The fact that the plienomenon appeared only at super—
critical speeds suggested that it was in some way brought
about by the interaction between compresslon shock and the
girfoll boundary layer. Such interaction is possible since -
a statiorary shock wave, vwhich only exlists within a fluid
where the velocity is above sonic, cannost penetrate to the
surface of the alrfoil where the velocliy.must be zero and,
in consequence, the pressure rise acrass the shock wave must
effect a tendency to a reversed flow within the boundary e
layer.
An investigation wass undertaken to determine the cause
2 The phenonenon with a view to clarifylng the present under—
standing of compressinsn shock and the interrelation of ghock

and boundary layer.
EXPERIMENTAL INVESTiGATION

he Ames 1- by 33—foot high-speed wind tunnel, which was
veed in these tests, 1s a low-turbulence wind tunnel with -
guffliclent power to obtailn choked flow under all test condi— ‘
tions. Tho airfoll models used in the present tests were of
NACA 4412 airfoil section and spanned the 1-foot dimension

of the tunnel. There.was no end leeskage. One model,
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described in reference 1, which had a 5-inch chord, was
equipped with 54 pressure orifices and was used to determine
the distribution of pressure over the airfoll section. The
other model had a 6-inch chord and was used to obtain schlieren
photographs of the flow,

O0f the airfoll pressure distributions for the wall-
interference study, several obtained at a Kach number of 0.75
and an angle of attack of 4° are of major interest for the
present study. The Reynolds numbter for this test was about
1.5 millions. The pressure dlstribution for the clean airfoil
under these conditions is shown in Tigure 1.

It was noted during the tests that, after prolonged
operation of the tunnel, the pressure distribution changed
from that shown; and it was found that this change was brought
about by an accumulation of dlrt and a pitting due to gritty
particles striking the surface. Pollishing of the airfoil
surface permitted the original pressure & stribution on the
airfoll to be reattained, This result suggested that the
change in pressure distributlon was brought about by a forward
movement of the polint of transition from laminar to turbulent

low. Accordingly, the pfessures were measured with a thin
spanwise strip of coarse carborundum (No. 180) fixed at the
6-percent—chord station on the upper surface of the airfoil,
An even more pronounced change in the pressure distribution
of the kind previously found with the dirty surface was

observed. This distribution is shown in figure 1.

——
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The dlstribution of pressures obtained with the clean
airfoll surface is not compatible with the usual theory of
supercrltical flow since there is no sharp drop 1n pressure
coefficient to indicate the presence of a shock, In order
to study thie anomaly by the schlieren method, an NACA Li12
sgirfoil model was mounted for test on circular glass side-
wall dlsks. The attachment to each disk was effected by two
steel pins, at the 10~ and 70-percent-chord stations, In
order to seal the end of the ailrfoll to tke disks, thin rubber
gaskets were used. Typilcal schlieren phastographs obtained
with this apparatus are shown in figure 2. It will be noted_
that, unfortunately, the mounting plne and edge of the
gaskets are visible but they can readlly be distinguished. o
In several instances, visual examinatlon »f the schlieren
gcreen showed the shock wave to bs blurred,indicating chord-
wise motlion of the wave, Such an unsteady flow could, of
course, produce a pressure dlstrlibution such asg that ehown
in figure 1 for the clean-surface model slince the liguid
manometer used for these tests would n»ot respond to rapid
changes 1n pressure. In many instances, however, although an
apparently shockless pressure dlstribubtion was obtalned, the
schlieren screen indicated that a compression sliock was
present and stationary with time, This observation prompted ’

an analysils of the experimental resgults obtained,
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- -ANAIYTICAL INVESTIGATION

The experimental pressure dlstribution obtained with a
clean surface, shown in figure 3, is akin to the corresponding
distribution of flgure 1 in that, for the upper surface in
both instances, although the Mach number is well above
critical, evidence of shock is apparently absent although the
schlleren photograph of flgure U(a), corresponding to the ‘
pressure distribution of figure 3, shows shocked flow., Such
a pressure recovery, 1t was considered, could be produced by
interaction of the shock wave and boundary layer.

In order to explain this, 1t is necessary to consider
the general characteristics o»f the supersonic portions of
pressure distributlons at supercrltical speeds in the absence
of local boundary-layer effects, Prandtl and lieyer have
shown that, when a semi-infinite uniform stream at a Mach
number 2f unity is deflected around a convex surface, the
local Mach number attalned at any point 1s supersonic with
magnitude a functlon only of the total angle tkrough which
the stream has turned. This theory is modified empirically
in reference 2 for the fact that the superasonic region of flow
over alrfoils af supercritical speeds i1s of only limited
extent. I% 1s found that the local Mach number is still
directly related to the tntal angle turned through by the
surface from the sonic point to the point under consideration.

However, the Mach number rise for a given angular deflection

R
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is only from one-~third to two-thirds that predicted by

Prandtl and Meyver, the precise value being determined by

the speciflc configuration of alrfoil shape, angle of ——
attack, and free-stream llach number.

It is known from studles of boundary-layer effects at
low speeds that the presence of a boundary layer ig equivea-
lent to a proportionate local thickenling of the airfnil, L
There 1s n2 reason to belleve that this effect will be
different at high speeds. It follows that, since supersonilc
1ocal Mach numbers, and therefore loéal pressure coefficients,
are directly affected by local gurfaoe contours, any change
in boundary-layer thickness which markedly changes the
effective local curvature of the alirfoll surface will result
in a marked local change in the airfoil pressure distribution.
There 1ls an abrupt pressure increcase acrogs & shock wave
which can be transmitted forward only through the boundary
laeyer. This pressure rise produces an adverse pressure
gradient in the boundary layer which tends to thicken and,
in some cases, actually to separate the boundary laver,

A marked thickening of the boundary layer ahead of the shnck
wave may so modify tpe effective curvature of the airfoil
surface that the original comvexlity, with the resultant
falling pressure, in front of the wave can be changed %o 4
concavlity wilth a resultant rising pressure in front of the - . =
wave. In other words, the effect of the thickening of the .

boundary layer can be such as to decrease thse local HMHach —

SE————.
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numbers outside the boundary layer as the shock wave 1ls
approached, The pressure rise across the shock wave 1s

thereby diminished,resulting in a so-celled "softencd" shock
wave, Donaldson, in reference 3, found that the concept of the
softened compression shock led to the successful prediction of
the position 2f the terminal shock wave in supersonic no;zles.
His predlction was based upon the assumption that this sofftenlrnyg
was 8o complete as to make the llach numbers immediately ahead
of and behind the terminal shock wave essentially unity. If
the supposition is made that the pressure distributlon can be
relafed tn the effebtive surface curvature and if 1t is assumed,
after Donaldson, that the terminal shock wave occurs when the
surface pressure 1s that corresponding to a Hach number of
unity, it should be possible to calcuiate from a known airfoll
pressure distribution the growth of the boundary layer and the
position of the termlinal shock weve.

In order to do this, it is necessary to relate the rise
in pressure along the surface to the deflection in the stream
direction, This may be acconmplished by assuming that pressure
changes take place on Mach lines, as was done by Ackxeret and
Busemann (reference 4, pp. 235-236), or by assuming that the
changes occur along shock waves of infinitesimal magnitude.

The latter approach will be adopted here, Consicer now the
uniforo, two-dimensional flow 2f 8 compressible rfluid at a
Mach number M, > 1, If this flow is deflected throuch an

angle 8 as shown in figure 5, which 1s less than a certain
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prescribed value, theory indicates that a linear shock wave
will be formed in the fluild and that the shock will pass
through the point at which the deflegtion sccurs, Horeover,
clagsical theory has shown that it is possible to relate
conditions on both sldes of the shock wave by means of the
equations which follow from the assumptlion that mass,
nomentum, and energy are conserved in passing through the
gshock (reference U4, p. 238). As a result of these

agsumptions 1t can be shown that -

Pg =D = py Vi? sin § sin o _ (1)
cos (c—8)
- = v 2(sin2 o - 2 (2)
Pe TP T P T T2 ) ¥
where
o) pressure.. . R
p density

[sb]

angle of deflectlon of stream
angle of inclinatlion of shock wave
\' veloclity
ratioc of specific heafs (cp/cv = 1.4)
192 subscripts denoting conditions before and behind the
shock, respectively.
As O approaches zero, the pressure rise across the
shock approaches zerc and from equation (2) it follows that

sin « = 1/M;, Thus a 18 the Hach angle assoclated with
. T

i

rf
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the free—stream Mech number and the shock wave becomes in the
1imit a Mach line. In the enalysis that follows, an expression
will be derived relating The change in pressure with the value
2f ¢ .
By setting
Pz — Pz = 4p
L 91V13= d.
Ap/q':'L = AP

equations (1) and (2) may be written, respectively, in the

Torms

AP = .2 tan a ten 6
1+ tan o tan ©

sin® o - (y+1) AP, 1
)3 £,

3

It 1s possible to eliminate o« between the two preceding
equatlons and, as & result, AP may be expressed as a function
of tan 6 or, inversely, the angle »f deflection may be

expressed in terns of the pressurs change. 8olving for tan 6

gives

y+1 Hl AP
ten 6 = Zil-J.AP //f M,-1

(1 - 'y+1 ¥, 2 AP L vl My AP (3)
My -1 T T
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If 0 1s small, it follows that the pressure increment
ig small and, ae & consequence, the right-hand member of
equation (3) can be expanded in series form, Neglecting

powers of AP above the second ylelds the following

ten 8 = ap YT~ (ap)? V7oL '((«y+1)1«:1"‘ -1 (1)
2 n b(M1%-1)

If, in turn, AP 1is expressed in terms of tan 8, and

powers »f tan 6 above the second are omltted, the result ls

a 4 7]
Ap= p V2 tag.ﬁ + tin 8 (w+1l Ma_  _ 4 (5)
LT -1 M7 -1 BT -1)

- -

It is thus posslble, under the assurnptions of thin-
airfoll theory, to treat pressure variation in a supersonic
stream elther as a limlting case of attenuated shock waves
or by means of the previously known approach which assumes
the pressure changes take place along Hach lines.

If the relation between pressure-coeffilcient change andé
angle~of-stream deflectlon given in equation (4) 1s used, it
ig then possible to calculate the growth ~f the boundary layer

and the change in local Ifach number by & step-by—step process.
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DISCUSSION AND COWCLUDING REMARKS

The theoretical analysis was applied to predict the
boundérv—layer’growth and the formation of shock corresponding
t2 some measured presswe distributions, A comparison »f
several calculated flows with thz corresgponding observed flows
is shown in figures 4, 6, 7, and &, (The flows of fig. U, as
noted previously, correspond to the pressure distribution of
fig, 3.) In these calculations the lach lines corresponding
with the measured surface pressureg have been arbltrarily
extended linearly and are terrinated at the extended HMach line
of unitry. BSuch a dlagram ciearly cannot conform with reality
at points removed from the surface since it failas to allow for
the proper pressure variation normal to the airfoil. In
particular, the unity HMach line, alfhough possible close to
the surface, could not extend into the flow fleld to intersect
the other-HMach lines as shown. In spite of these limiistions,
it is seen that, in figures 4 and 6, the terminal shock is at
a constant chordwise ponsition along the span and the calculated
and experinental flows are in good agreement, indicating that
the previously discuséed meclhanism for the interaction between
ghockx and boundafy layer is substantially correct. . The
schlieren pﬁotographs of filgures 7 and & suggest that the flow
varies spanwise, In spite of this, reasonable agreement is
obtained, In addition, the figures show that near the surface

The actual location of the shock wave is very close to the
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calculated position for a Mach number of unity which
confirmg Donaldson's hypothesis,

With a clean surface 1t can be assumed that, at the
relatively low Reynolds number of the tect, the flow remalned
laminar up to the shock., Although no mcasurements were made
in the present investigation to support this assumptlon, &
similar condition was found to exist at much higher Reynolds
numbers in an investigation in the Ames 16-foot high-speed
wind tunnel of a large chord NMACA low-drag-type airfoll,

ith the addition of carborundum to the airfoll of the
precent investigation, transitlon from laminar to turbulent
flow probably moves forward enough so that a turbulent
boundary layer exists over the region of interest, It 1s
well known that while the laminar layer is easily thlckened
by an adverse pressuregradient, the turbulent layer ls more
resistant to such a gradlent. It 1s then to be expected that
the thickening of a laminar boundary layer due toc the pressure
rlise across &a glven shock wave will be greater than for a
turbulent boundary layer, If it i1s assumed that the terminal
ghock wave occurs at a Mach number near unity, the previous
analysis has shown that the angular deflection of the strean
at the outslide of the boundary layer has a fixed value,

Hence the marked thickening due to the terminal shock must
be more limited in chordwlse extent for a turbulent layer than
for a laminar larer. The pressure dlstributions of flgure 1
show this to be the case,

SRR
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-1 the ceses so far considered, sufflcient thickening to
induce shock near &a Mach number of unity has been evidenced by
the pressure distributlons. It cannot be concluded, however,
that all shocks must take place at close to unity liach number
since thg lower—surface pressures of figure 3 would not appear
to support such a conclusion., As a further warning, it should
not be concluded that vhenever a pressure dlstribution of the
type shown for the upper surface in figure 3 18 obtained the
shock necessarily takes place near unity Mach number, unless
the pressures are both instantaneous and perslsting. Usually
pressures are measured on liquid manometers possessing slow
response which, in consequence, can indicate for this latter
type of pressure distribution either a softened shock, as
previously discussed, or a fluctuating-shock flow which in
other lnstances has been observed.,

Under the assumptlion that shock occurs at about the
chordwise sftation where the local Hach number has dropped tq
unity, the pressure distributions of figure' 1l indicate the
following: When the boundary-layer flow is change@ from
laminar to turbulent, by means of the strip of coarse carbo-
runduﬁ, the location of the shock wave is moved forward and
the boundary-layer éeparation after shock appears complete,

As will be seen in figure 2, the growth of the boundary
layer ahead »of the terminal‘shockvfave i1s usually one vherein
ne thickening of the.boundéfy layer is at first slow and

increases as the terminal shock 1is approached, as shown in

- ——
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figure 2{a). The pressure distribution is then of tﬁe Type o
shown in figure 9(b). The Mach lines, which are but shock
waves of .weak strength, are generated at the boundary-layer
surface and would form an obligue shock of greater strength e
1f they coalesced to form an envelope. However, such
coalescence has not space enough to occur shead of the
terminal shock in the usual case, and hence, the oblique
shock would not be evident,
If, on the ather hand, tﬁe boundary layer were lamlnar
and separated to form a wedge of constant angle, as shown in
figure 10(a), the envelope of llach lines would form an
oblique shock which would disappear at the terminal shock
and the pressure distribution would be of the type shown in
figure lO(b).l That such types do actually occur ls seen 1in
figure 2 for some of the lower-surface shocks, ' T
It 1s importent to note that, with the addition of the
carborundum,  the reduction of 1ift was sizable but that the
relative change in drag was slight, In figure 11 1s shown
the pressure drag coefficlent (which at speeds well in excess
of the critical is practically the total drag coefficlent)
for the alrfoll whoge pressure distributlons are shown 1in
figure 1, It appears that, whetkher or not-the energy loss -
in the boundary layer is Iincreased with a consequent reduction
in energy loss in the shock wave, the net effect on the total
drag is practically the same, It should be noted, however,

that in the cases considered, a softened shock is apparently



NiC4 RM No. A7402 - 15

always attained and the conclusion may not be warranted for '
other types of sghocks. Finally, 1t should be observed that
although the drag ls relatively insensitive to changes in the
type of bouﬁéary—layer flow fhese dhanges—produce important
shifta in.the locatlion of the shock wave and in. the 1ift.
Therefore, increase of Reynolds humber, in its effect on
thinning the boundary layer relative to the alrfoil dimenslons

may have an important effect at high ijach numbers,
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